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data presented herein are the first results of pressure meas-
obtained on a fuselage and ? 45° sweptback wing-fuselage com-
at transonic speeds in the slotted test section of the Langley

8-foot high-speed tunnel. This test was part of a systematic inves;i---
gation of varying amounts of sweepback on wings suitable for transonic
flight. Pressqre distributions were obtained at five spanwise stations

. on the wtig and along six meridias on the fuselage.
i

The pressure diagrams for the wing were characterized by rearward.
shifts in center of pressure with increases in Mach number. Also large
clifferences in upper and lower surface pressure coefficients in the
region of the trailing edge were exhibited as the sngle of attack was
increased. As.a result, large increases in load on the trailtig edge
were indicated for the high-angle-of-attack cases. Two discontinuities
in the chor~ise pressure diagrams were evident at.Mach numbers on the
order of 1.00. These discontinuities appeared to originate at the
leading and trailing edges of the wing-fuselage juncture, extend out-
board across the span, and merge near.the wtig tip.

The level of negative pressure coefficients rmqined relatively
high on the rear portion of the fuselage upper surface throughout the
angle of attack and Mach number range tivestigated.

&
Addition of the wing to the fuselage produced pronounced effects

on the fuselage pressures in the region of the wing blanketed by the
% fuselage, resulting in considerable adtitions to the load carried by

the fuselage. The fuselage pressures reflected the general chordwise
.



,*- .—

.- ..=
!._

.=

—

.,

. -

2

trends with
, the inboard

In the

y .NACA RM L511705

increases in Mach number
station of the wing.

:-. 5-
.

INTRODUCTION

—-- .7 —---

past) choking and blockage effects hate b~en tittitely -
.

associated with high-speed investigations in closed-tQroatwind tunnele, “ <
Installation of a slotted test section in the Langley 8-foot high-speed
tunnel has made it possible to obtain aerodynamic data at Mach numbers .—

; through the speed of sound without the usual effects @ choking and , ., . ,
-“

blockage. Recently pressure models of a fuselage and a wing-fuselage
combination were investigated in this new type of test section at Mach b.
numbers from 0.60 to ’1.13. Data were obtained at u~~es of attack ._ , . =
from 0° to 20° for most of the test Mach numbers, especially in the
range from 0,g4 to 1.13. These results fill the gap which ha~.eXiSte~... ,:-.:. .--Z
heretofore in wind-tunnel data through the transonric%& number range .

and also extend the angle-of-attack range of previ,ous.i.nvestigations
--

using the same model configurations. These previous tivestigations- —

were made in a solid-nozzle test section of the Langley 8-$oot high-speed
tunnel and covered the angle-of-attack ran e from -2° to 14° at Mach

6numbers from 0.6 to C).96.andfrom -2° to 6 at a super-sonicMach.number
of 1.2, as shown in reference 1. Force-test results for the same model —

and test conditionshave been reported in reference 2.

The purpose of this Iaper Is to make avallabl~ we additional >asic
information obtained during the investigation at the earliest possible
date after-completion of the tests. Therefore, the a@lysis of the
results is limited to a“brief discussion only of ti~le~re significant
indications obtained from the basic pressu26’distributions presented
herein.

a

SYMBOLS ‘“ “-”- ““r”‘“’

.-
,...

. .-. .
-.. #.—

,; .+”?
b wing span ..- ‘. ..,>...>->.,,..=...-=,.- ..- —

... . . :-. .+
M Mach number —. —. -

., , -,.-~...—

P local static pressure

P
()
P- Popressure coefficient —

q . .

.,

.-. .-.”++.&. . *
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~ free-stream dyuamic pressure (g?)

P mass density in undisturbed stream

v“ velocity in undisturbed stream

APPARATUS

.
The investigation was conducted in the Langley 8-foot high-speed

tunnel which is a dodecagonalj slotted-throat, stigle-return wind

* tunnel designed for continuous operation through the speed range up to
“a Mach number of%l.15. Calibrations of the flow in the slotted test “’
section have indicated that very uniform flow exists throughout the
speed range of the tunnel. Deviations from the free-stresm Mach number,
in the region occupiedby the model, did not exceeds value of 0.008 in
the speed range from M = 1.11 to 1.15. At Mach numbers below 1.02 the
deviations did not exceeds value of 0.003. This degpee of uniformity
in the distribution of Mach number was considered quite satisfactory
for model testtng purposes in the subsonic, transonic, and supersonic
speed ranges. Figure 1 presents Mach nuniberdistributions obtained
along the center line of the slotted test section. Sufficient “additional
data have been obtained along the center line and off the center line
to establish that the flow in the region of the model was equally as

. uniform off the center ltie as along the center line. Further investi-
gation of the flow in the tunnel revealed that the agularity of flow
was on the order of O.1OO and all data were obtatied at corrected angles

.
of attack to compensate for this angularity.

The wing of the configuration u.Bedin this investigation had 45°
sweepback of the quarter-chord line, am aspect ratio of 4.0, a taper
ratio of 0.6, and NACA 65AO06 airfoil sections parallel to the air
stream. The fuselage was designed with the ordinates of the general
transonic fuselage and is the same fuselage used in the wing-fuselage
conibination. Dimensions of the model are presented in figure 2.
Static-pressure orifices were divided among six meridians on the fuselage
(A, B, C, D, E, and F) and five semispan stations on the wing parallel
to the air stresm (20 percent, 60 percent, and 95 percent on the left wing
and 40 percent and 80 percent on the right wing). A detailed description
of the model may be found in reference 1. The nose of the sting-mounted

. model was located 70 inches from the upstream apex of the test-section
slots, measured along the tunnel center line (see fig. 3).

. The angle of attack of the rmdel was measured by the use of a
cathetometer sighted at a line painted on the fuselage.
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To keep the model located along the tunnel center line at-the
‘..

higher angles of attack, the sting cogfi~,ation,$h~~ ~ ?i~e’k Waa” ‘-””- ....
.

used. ,,
—

.-
TESTS AND ACCURACY

The static-pressure data were obtained’for the fuselage alone and
—.-

a wing-fuselage combination. These basic pressurg @.ta were obtained ~
for angles of attack of 0°, 4°) 8°) 12°, 180, and 20° at Mach numbers
of 0.60, 0.79J 0.89, “0.94,0.97, 0.99, 1.02, 1.11; anll1.13. The rather- ‘--
odd Mach numbers for which data,,are presented are~due=+o an original .._.
faulty calibration of the liquid (tetrabromoethan~)used in the,rnan~ete~,,+l””.4=,=
tubes. The Mach numbers presented herein are the:cd%%cted values.. ~ ,. ,.,._..x
obtained from a recalibration of the manometer liquid-; .

— --- . - .-
An estimate of all the factors involved in obtai@ng the pressure

coefficients indicated that the data are ,correctto within *0.006. The
accuracy of the cathetometer method of meastiing the angle of attack .~s “ _-___
judgedto be *O.lOO.

The slots in the test section of the @@ey 8-f~ot high-~peed “~..,.,~ ..
tunnel were designed to eliminate tunnel-wall interference for non_- ,. , . ~
lifting cases. Earlier tests in a circular”slottedtfiel based on
theory confirmed the theoretical predictions for ~onli.ftingcases of
zero-blockage interference and absence of cloking (reference 3).
Additional analytical studies have indicated that the effects of

.

blockage were quite small for the lifttig cases, ~e~efore, the da-ta ‘“ ‘“ ,
.—-

presented are consideredfree of tunnel-wall interfer-&ce and do c~r. ‘ :“ “, _- .

rections have been applied. In the vicinity of the ti-del)the magnitu-&S. ‘“”- .
of the Mach number and pressure gradients were so sna~..that no cor??ec-
tions due to these sources have been applied-to the tits.

... ,*---.>;...:.:>::.:=.=
Data have not been presented for Mach numbers be~ween i:(h”ani 1.11 . ..=

,’,. . --

to ensure that the results obtained were free of the,~~fects of Hhock.tiL,,”. ..
reflections from the tunnel waUs”. .*- . -+. -,,+:.:.<.-.J..%. —. .—- !4.

..
,.-...ti..-

RESULTS .-
..-.=

. ,.. ”—-.

The basic pressure data for the wtig, obtained d&fig tests of the *’

wing-fuselage cotiination, are presented for;,fivesyinwise stat$ons in &

figure 5. In this figure”the circle symbols denote the upper surface.... ~:
and the square syuibolsdenote the lower ~wface, : ._~.- ~ ““’-”’I .:{ ,,:‘“::‘~”

—. -. —.
The basic pressure,data for the fuselage alon~ fi”~for the ‘&ela~e , ‘

:.”-:

obtained during tests of the wing-fuselage conibinatiouare presented fqr
.

,= ---. :.,~ —-— ..—.- ---- — -

. .

-. . .
,-’

7
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six fuselage meridians in figures 6 “to10. h“
circle symbols designate the data obtained for

5

all these figures the
the fuselage alone, and ‘

the square symbols ~esQnate the data for the fuselage wi~h wing present. ‘

DISCUSSION

wing
.

All pressure data for the wing were obtained dtitig the investi-
. gation”of the wing-fuselage co?ibhation and hence were influenced by

the presence of the fuselage. The distributions of pressure on the wing
were characterizeed by rearward shifts in center of pressure as Mach
number was increased and by increased loads on the trailing edge at the
higher angles of attack.

0° angle of attack.- In figures 5(f)} 5(h), 5(j)j 5(Z)> 5(n), and

5(P), it iS *o- mat as Me ~ti n~ber ~S ~creased the reg~n~ of
relatively high negative pressure coefficient shifted rearward all along “
the span. The greatest shift was noted for the 95-percent-semispan
station. Here it is shown that at a Mach nuuiberof 0.94 (fig. 5(f)),
the ma~um value of negative pressure coefficient was located at
approximately 20 percent of the chord, whereas at a Mach number of 1.13
(fig. 5(p)), the peak shifted rearward to the region of 70 percent of
the chord.

.

4° and 8° angles of attack.- The pressure distributions presented

. for s,n~es of attackof 4° and8° as shown in figures 5(a)j 5(f), 5(h),

5(3), 5(7), 5(n), ~d’5(p) are representative of tie con~tions ~ist~g
throughout the linear portion of the lift-curve slope, with an angle of
attack of & approximating the upper ltit. -,

In contrast to the sharp leading-edge peaks in,the pressure
diagrams for an angle of attack of llojthe leading-edge peaks at an
engle of attack of & became increasingly broader toward the outboard
regions of the wing. As a result} a slight rearward shift in center of
pressure was indicated and an increase in loadtag occurred over the
trailing edge of the outboard sections of the wing. When the Mach
number was increased to 0.94 for these same szqglesof attack (fig. 5(f))j
a second discontinuity in pressure-coefficient distribution followed by
a rather poor pressure recovery was present on the upper surfaces. This

● discontinuity appeared to occur at the same chordwise location as the
maximum negative pressure-coefficient peak noted for an angle of attack
of OO. The discontinuity seemed to originate at the juncture of thek
trailtig edge of the wing with the surface of the fuselage. It crossed
the wing at an angle somewhat less than the sweep of the wtig &d

. merged with the discontinuity on the forward portions of the wing. The

● ✎✎

☛
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spanwise location at which the merger occurred a~e:r~ to movq.@board ~ ..... ,~,
with increase in angle of attack. As the Mach number%as increased ._ ...
the second discontinuity shifted rearward along t~e c~ord so that-”the_ ._ .“ _“
chordwise extent of relatively high negative .press,ure<c,oefficienkp . .—-

increased, and the values of the peak negative press~e “coef~ic~~,n},a~,
*

the leading edge became more positive.
k. .-–-?,::.—w ‘.-,,..=Y- ..—-.

In thellachnumber range between O.99”and 1.02 (f”igs.5(J)arid , .,. ~
5(z), respectively)} themlevel of presmmes On the@@@~!JPqrt+?Q ?f__ - .....
the wing revealed that a greater loading occurred on &e6e. outer sta-,...,,. .+
*ions than at the lower Mach numbefis. --

.

The pressure diagrams for Mach numbers up to 1.13-at these same
angles of attack (fig. 5(P)), were similar to those measured at a Mach
number of 0.99 (fig. ~(j)); however, the general level of the negative
pressures on the upper surface was less”than~for a:MaiJhn~ber of 0,99:
Generally, the induced pressure coefficients increase in a negative
direction as the Mach number is increased towards ihe~peed of sound
and then decrease when the Mach nuniberis increase&.b@ond the speed of,.
sound.

—a.—
; “:

. --- —

-.

U“, 18°, and 20° angles of attack.- For angles of attack beyond
,.

the linear portion of the lift-curve slope and up to.the region near
maximum lift, u = 20°$ as shown in figures .~(b)j5(c)} 5(d)) 5{e)#

5(g), 5(i)j 5(k), 5(m), 5(o), ~d 5(q)~ the Press~e d3agrams were
characteristic of separated flow over the wing. At these high angles --”

of attack, the difference in the level of the pressure-coefficientson”-” ‘“ c
.,

the upper and lower surfaces of the wing indicated.large loads on..the
wing trailing edge.

When the angle of attack was increased from 12° to 20° at Mach
*,-

nunibersfromo.6 to o.gk, as shown in figures 5(b)j 5(c), 5(d), 5(e)j ““”“-””
and 5(g), nearly flat pressure distributions sprea~..over most of the -...—.
wing sections. As a result, the pressure coeffici&t at the”95-percent~- ~~ .-

.—..

chord location on the upper surface of the 40-Percqnt-~emlsPan stali.on.-. .
j

reached a value of approximately -0.73 at a = 200 and M = 0.94,
(fig. ‘j(g)), and a large rearward shift in Cegter of pressure was

.

indicated, The levels of the pressure coefficients on.fie outboard” “’””‘“ “-””~
sections were considerably less than the levels for th~inboard s_&aiio.@ ,. .. ;
indicating a greater load carried by the inboard stations than outboard& .,, . j
For example, the pressure coefficients on the-inboard ~’per surface””were
about -0.8 compared to -0,4 outboard.

—.
.-

-.

The level of negative pressure coefficients increaeed from -0.4 to” ●..
-0.6 when Mach nunbers on the order of 0.97, 0.99, and~~02 were reached
(figs. .5(i),5(k), and 5(m), respectively). ,This incr~a~e indicated that $

the loss in load over the outboard stations wm lesq severe than at.the- ... ‘,
u

lower Mach numbers for these same angles”of attack.: At,,thesame the the
load on the trailing edge of the wing continued to incrqase.

. .
For example, -=

. .
---

..

.?
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.

the differential in pressure coefficients between the upper and lower
surfaces, at the 95-percent-chord station of the 40-percent-semispan
station was approximately 95 percent of free-stream dynamic pressure q,
at an angle of attack of 20° and a Mach number of 1.02 (fig. 5(m)).

The general forms of the pressure diagrams shown in figures 5(o) and
5(q) forlfach numbers of 1.11 and 1.12, respectively, were similar to
those obtained on the”wing at a Mach number of 0.99 at a somewhat lower
angle of attack. The level of the negative pressure coefficient on the
upper surface was somewhat lower than that for a Mach number of 0.99. The
maximum difference between pressure coefficients on the upper and lower
surfaces of the wing at the 97-percent-chord location was 100 percent of
free-stream dynamic pressure q on the 40-percent-semispan station at
a Mach number of 1.11 and an angle of attack of 18° (fig. 5(o)).

Fuselage

The most notable Mach number effect on the fuselage longitudinal
pressure distributions at an angle of attack of 0° was the appearance
of a region of relatively high negative pressure inefficient near the
rearward end of the fuselage fid a decrease in negative pressure coeffi-
cient over the fuselage nose at supersonic speeds. (Compare figs. .7(a)
and 10(r).)

When the a@le of attack was increased from 0° to 20°, the value
. of negative pressure coefficient over the nose upper surface and aft.

portion of the lower surface of the fuselage increased (figs. 7(a) to
10(t))j with the most negative values of pressure coefficient occurring
along the two meridians C and D nearest the side of the fuselage.

At an angle of attack of 12° a local region of relatively high
negative pressure coefficients developed at the nose of the upper half
of the fuqelage (figs. 7(b), 10(a), 10(d)j 10(g), 1O(J), 10(m), 1O(P),
and 1O(S)). Increasing the mgle of attack to 20~ increased the level
and extent of this region (figs. 8, lo(b), 10(e), 10(h)7 10(k),
10(n), 10(q), and 10(t)). It maybe noted also that the level of
negative pressure coefficients over the rearward end of the upper half
of the fuselage ramined relatively high throughout the angle+f.attack
rmge investigated and thus departed considerably from the distributions

●

predictedby usual flow theory.

Fuselage with Wing

The addition of the wing to the fuselage had a
on the fuselage pressures, especially h the reaion

pronounced effect
of the wing

blanketedby ~he-fuselagej as-shown “h figures ~(a), 6(ti), 6(c), 8,
and 10(a) ta 10(s). The wing effect etiended somewhat in front of the

.
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leading edge of the wing-fuselage juncture.w to k ‘M~chnuuper.0<.J.02. ,.,..... .:
,-..—- --

(figs. 10(2) to 10(n)), and to the rear of this junc@rre at all Ma@_ .........
nunibersinvestigated. At Mati.nunibersabove 1.11, iT%a6 shoti”fn
figures 1O(O) to 10(t) that the effect of the Presence of the ,w@ on._
the fuselage pressures in front of the wtig-fusebge ”juncturewa~’co~~”
siderably reduced throughout the Wgle-of-attack ru~e investigated. A

...-—- -

rearward shift in the region of relatively high negative pressure coef-
.—

ficients on the u~er half of the fuselage-and r+atively high Positive
pressure coefficients on the lower half of the fuselage was exhibited-
when the Mach number was increased. This rearward,shift was greatest on - ‘-,-
the top and bottom meridians, especially in the Ma&-number range”ofb~g~-- ,
and beyond for an angle of attack of 0°) and in the l@h number rauge . .,.=
of 0.89 and above for the angle-of-attack cases. : -%:.’ ; J-- . v ‘.. 7:‘-u

-:...* ~f-:

In the region of the wing-fuselage juncture, the~longitudinal dis~
tributions of pressure followed clQsely the general chordwise trends ._
with increase in Mach nwiber sad m“gle o“f~ttack indicated by tie wtig,
especially the inboard stations.

.,.-.

The relatively rapid pressure recovery over the-”imstrea~rd .“’‘“
portions of the fuselage may be attributed in par> tithe interference
from the sting that supported the model in the tuhner. . ...

0° singleof attack.- A relatively rapid rearwari shift in ME@.Mum .

negative pres,surecoefficient w@ noted On the top m~idi~ of the.fu~e-~~
lage at an angle of attack of O when the Mach ntinber.wa~ ~creased
from O.94 to 0.97 (figs. 1O(C) and lO(f)]. This iea~did not appe~= ‘“
shift farther with increase in Mach number to 1.13; h’owever,the positive-
pressure coefficient peak was noted to shift forwArd between Mach.n~ers
of 0.97 and 0.99 (figs. 10(f) and 10(i), respectively~, then rearward-” -
with continuing Mach number to 1.13. It is also of iiterest to note ””fhat
the level of negative pressure coefficients.aft of the.wing-fuselage
juncture began to increase above that of the fuselage alone at a Mach
number of 0.97 (fig. 10(f)). At a Mach number of 0.99..these hi@ nega-
tive pressure coefficients spread rearward to app~ox@ately 85 percent:-
fuselage length (fig. 10(i)). When supersonic Mach n-fibersof 1..11and
1.13 were reached, the press~ coefficients fol@wing the Pressme -
recovery at the trailing edge of the,wing-fuselage jticture were “the’
same on the fuselage with wing aa for the fusel.a~=wGho@ wing

.,,

(figs. 1O(O) and lO(r)).
.- ,. ,
. ,.-.

4° and 8° angle-ef-attack.- A considerable i“ncr~asein the level’of’”

positive and negative pressure coefficients on the f~elag~ was noted
0 As a result, thewhen the sngle of attack was increased from 4° to 8 .

loads imposed on the,fuselage by the wing were great~ inte&ified. In
figure 10, it maybe seen that, for Mach numbers of ~:94 and above, the
region of relatively high negative pressure coeff:~cititsover tine

—___

1 .- :.,

1,
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rearward portion of the wing stations nearest the fuselage had a greater
influence,on the fuselage pressures than the wing leading-edge negative
pressme coefficients. The negative pressure coefficient peak on the
forward portion of the inboard stations of the wing (fig. 5), appeared
to be more or less localized on the wing. The trends for ticrea,sing
Mach number were the ssme as noted for an singleof attack of OO. A
rearward shift tithe region of relatively high negative pressure coef-
ficient on the upper half of the fuselage with increase in Mach number
indicated a small rearward shift in center of loading might occur on the
fuselage.

u“, 18°, and 20° angles of attack.- At an angle of attack of 12°,

the pressure diagam~ are similar to those shown for 8°. At angles of
attack of l@ and 20 in the supersonic speed range, a discontinuity in
the negative pressure coefficients was etibited atiacent to the pressure
recovery gradient rearward of the wing-fuselage juncture (figs. 10(k),
10(n), 10(q), and lo(t)).

The pressuxe diagrams for these high angles of attack also made it
evident that the relatively high negative-pressure-coefficientregion at
the leading edge of the wing had a more pronounced effect on the fuselage
pressures than at the lower sngles of attack. Other variations in the
pressure coefficients for increases h Mach number and singleof attack
followed the trends established for the lower angles of attack.

CONCLUSIONS

The results of pressure measurements made on a wing in the presence ‘“
of a fuselage at transonic speeds indicated that:

1. When the angle of attack was Increased up to 20° at Mach numbers
from 0.60 to 1.13, a region of relatively high negative pressure coef-
ficients at the leading edge of the wing becane broader and spread rear-
ward over the outboard then over the inboard sections of the wing.
This sprea~ resulted in considerably greater loads at the trailing edge
of the wing. The maximum difference between pressure coefficients on
the upper =d lower surfaces of the wing at the 95-percent-chord location
was 100 percent of free-stream dynsmic pressure q on the b-percent
semispan station at a Mach number of 1.11 and an angle of attack of 18°.

. 2. In general, the level of negative pressure coefficient increased
as the Mach number was increased to 0.99, then decreased with further
increase in speed up to the highest Mach number tested, 1.13. At the

b same time the general level of pressure coefficients on the lower sur-
face of the wing became more positive throughout the Mach nunber range

. tested.

‘~
●
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3. Two pronounced discontinuities in chordwis~ n@&tive”tiressure “ ““’”1:
,——.—— .:-, .

coefficient were evident on the upper surface of the wing in the vicinity” “ ,
—

of a Mach number of 1.00. One of these disconttiuitiesappeared to
originate at-the.leading edge and the other at the trailing edge of the

—

wing-fuselage juncture. Both extended in a spanwiee direction and merged” ---1
in the’region of the wtig.tip. , ,-_,..__ . ;...> -- “-:.- ~< .~”~;:;~ ‘%=....

The results of pressure measurements made on a fu~lage with ~d ~ - .,=
without a wing.indicated that:

. ,..,..-—., ....-.........——. ,-.-.. .— -.> ,,.C.--:”‘.. --. ....=.-.—

1. At zero angle of attack the negative pressure &oefffcients over
the nose of the fuselage upper surface decreased and a region of rela-

.—
.

tively high negative pressure coefficientsbecame Rpparent on the rear “- .—
portion of the fuselage upper surface as the-Mach puniberwas increased.. .....__z~
to supersonic values. .i---

2. The level of negative pressure coefficient~.oyer the rear port~o.na
of the fuselage upper surface did not decrease with increase in angle

— ..

of attack but remained relatively high throughout-the--gle-of-attqck
—

range investigated.
—-...—..+

1 .s-: : -““:.“.,.:<.-”j:”=,...::;
L-

3. Adding the wing to the fuselage gre~tly.increased the kyel o?.. ....... &
the pressures in the region of the wing-fuselage jtict-tie,thereby
amplifying the load on the fuselage considerably. ‘-““ . -.

4. Increases in Mach number resulted in rearward%hifts in regio~~”’
—

of relatively high negative pressure coefficient on the fuselage.
.-
“=... .-—._. I..-
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(a) M= O.60; a=4°and 80. $!

Figure ~.-
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The chordwise pressure distribution at ffve apanwise stations
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(g) M = 0.94; u = 12°, 18°, and 20°.
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Figure 5.- Continued.
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Figure 5,- Continued.
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Figure 5.- Continued.
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(a) M = 0.60; cc= 4° and 8°.

Figure 6.- The longitudinal pressure distribution at six radial
locations for the wing-fuselage configuration at various angles
of attack.
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(b) ,M= 0.60; a= 12° and

Figure 6.- Continued.
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Figure 6.- Concluded,
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.re7.- The longitudinal pressure distribution at:six radia
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Figure 9.- The longitudinal pressure distribution at six radial
locations for the fuselage configuration at various angles of
attack. M = 0.89; a = 0° and ko.
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Figure 10.- The longitudinal pressure dist~ibution at six radial
locations for the fuselage and “wing-fuselageconfigurateion at
various angles of attack. . .
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(b) M = 0.89; a = 18° and 20°.

Figure 10. - Continued.
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(c) M= 0.94; a=O°and 40. _

Figure 10.- Continued. -.
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(d) M = 0.94; a = 8° and 12°.

Figure 10.- Continued.
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(f) M = 0.97; a = 0° and 4°.

Figure 10~- Continued.
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(g) M = 0.97; a = 8° and 12°. ...

Figure 10.- Continued. .
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(h) M = 0.97; a = 1~ and 20°.

Figure 10.- Ccntinued.
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(J) M = 0.99; a = 8° and u“.

Figure 10. - Continued.
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(Z) M = 1.02; a = 0° and 4°.

Figure 10.- Continued.
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(n) M = 1.02; a = 180 and

Figure 10.- Continwd.

40 60 80 100

20°.



. ,1

——

54

-,4

-.2

0

.2

.4

-.4

-.2

0

.2

a.
-.4

. -,2
z
@o.-
g

.2
~
c1

al
L
a
In
In
a) -.2

‘o

.2

,4

-.2

0

.2

-.2

0

,2

A

a=o”

NACA FM L51X05

K194° --
. .

.T

0 20 40 60 80 100 0 20

Percent fuselage length

(0) M=l.ll; a= O” ”&d

Figure 10.- Continued.

40 60 80 100

=s=-

—

—

,.

,

. —.

—.

——

.—

.
,. ..’-.

,. --

, +-

.

.

-“
.—

—

. ,. ,7

“r,

,,.. ~ .—



.

.

.

.

*

.

NACA RM L51J?05

I

.

n

Percent fuselage length

(p) M = 1.11; a = 8° and 12°.

Figure 10.- Continued.
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(q) M=”l.ll; a=180 and

Figure 10.- Continued.
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Figure 10.- Continued.
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(t) M = 1.12; a = 1.8° and

Figure 10. - Concluded.
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